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 SURFACE-FLOW^ PRESSURED AND, HE AT-TRANSFER STUDIES ON .
TWO CONICAL DELTA WINGS AT A MACH NUMBER OF 6 • : • '
. . . _ . .By
 ?Jerry N. Hefner and Allen H. Whitehead, Jr.
, . • . . . . . . . . Langley Research Center
SUMMARY ' " " . ' " " : ' "
An experimental investigation of the surface flow, pressures, and heat transfer on
two conical delta wings having attached leading-edge shocks has been conducted at a Mach
number of 6. The two 60° swept delta wings utilized a rhombic and a circular-arc cross
section, respectively. The angle of attack was varied between 0° and 12°. The windward-
surface flow on both delta wings was nearly two dimensional at the angles of attack tested;
vortices were found on the leeward surfaces of the delta wings at angles of attack of 5°
and 10°. The method-of-lines technique predicted the windward-surf ace pressures with
the better agreement at the higher angles of attack where the viscous effects were small.
Turbulent flow existed on most of the delta-wing surface. The Spalding-Chi method pre-
dicted the levels of turbulent heating reasonably well on the windward surfaces.
INTRODUCTION ;
• ' < • . - . - . i • • • . ' • . , ' • , ' • . . • < : • ; . • : ; •• ' . r , . - . - - .
Until recently the flow fields about conical bodies at incidence in supersonic and
hypersonic flows had been solved only for the simplest cases or after linearization or
other approximations to the governing equations. Even though the nature of the conical
flow permitted the problem to be reduced from three to two dimensions, few exact solu-
tions had been obtained. Recent advances in computer technology have spurred the devel-
opment of numerical solutions to the full nonlinear equations to the extent that solutions
are now becoming available for general conical-flow problems. For example, the method
of lines originally reported in references 1 to 3 and modified in references 4 and 5 has
successfully provided solutions to circular and elliptic cones at incidence and to the com-
pression side of several conical delta wings with attached leading-edge shocks. Experi-
mental data are now required to validate the numerical conical-flow solutions.
An abundance of experimental data exists for delta wings at supersonic and hyper-
sonic speeds (e.g., refs. 6 to 12); however, these data with the exception of reference 12
are generated on configurations which have;detached leading-edge.shocks.. .Therefore, an
experimental investigation of the flow field over two conical.delta wings-having attached
leading-edge shocks was conducted at a Mach number of 6. The pressure data were
compared with predictions obtained by the method-of-lines technique. Heat-transfer data
were compared with heating levels predicted by the Spalding-Chi method for turbulent
heating (ref. 13). Flow-visualization studies were conducted to describe the flow field
and to help in the interpretation of the heating and pressure data.
The experimental investigation was conducted at a free-stream total pressure and
total temperature of 2.9 MN/m^ and 492 K, respectively (free-stream Reynolds number
per meter of 2.33 x 107). The two 60° swept delta wings utilized sharp leading edges and
had a rhombic and a circular-arc cross section, respectively. The angle of attack was
varied between 0° and 12°.
SYMBOLS
L model length, centimeters
Ngt-oo Stanton number based on free-stream conditions
p static pressure
p free-stream static pressure r , . ,
R radial distance from apex, centimeters
ROO free-stream Reynolds number per meter
x longitudinal distance from leading edge parallel with model center line,
centimeters
- . • *
 ;
 , • - "
xvo virtual origin, distance along surface to end of transition as determined from
heating data, centimeters
y,z lateral and vertical coordinates, respectively, centimeters (see fig. 1)
a nominal angle of attack of model center line, degrees '
actual angle of attack of model center line, degrees •. •
conical apex angle of body measured from model center line in horizontal
plane, degrees (see fig. 1)
APPARATUS AND METHODS
Wind Tunnel
The test program was conducted in the Langley 20-inch Mach 6 tunnel. A complete
description of this facility and its calibration is given in the appendix of reference 14.
Models, Instrumentation, and Test Methods
Two sting-mounted 60° swept delta wings were investigated, one with a rhombic
cross section and the other with a circular-arc cross section. The leading edges of both
wings were razor sharp with the sweep and-opening wedge angles selected to insure an
attached leading-edge shock for the test conditions. The two wings were designed so that
at any longitudinal station the cross-sectional areas would be equal.
The heat-transfer and pressure models used in the study are shown with the impor-
tant dimensions in figure 1. The heat-transfer and pressure models were clipped to
enable the models to be injected into the test section. The oil-flow models were smaller
(L = 30.80 cm) than the heat-transfer and pressure models and were not clipped. Oil-flow
studies, not shown herein, indicated that clipping of the wing had no effect on the surface
data on the model center line and on the undipped half of the wing, provided that the
leading-edge shock remained attached. The larger models were made of stainless steel
2.607
r
(a) Circular-arc delta wing. Equation of wing:
= +l/o. 3333x2 - 5-
Figure 1.-. Drawings and dimensions (cm) of models.
3.519
(t>) Rhombic delta wing. Equation of wing:
y = ±(0.577^x - 7.6987z).
Figure 1.- Concluded.
and were equipped with both pressure orifices and iron-constantan thermocouples. (See
tables I and II for location of instrumentation.) The oil-flow models were made of
aluminum.
Pressure and heat-transfer data were obtained during different test runs with the
desired angle of attack set prior to each run. Local surface pressures were obtained
from pressure orifices connected to multirange capacitance-type transducers. The heat-
transfer data were obtained from iron-constantan thermocouples located approximately
0.06 cm below the surface of the thin-skin model. The electrical outputs from both the
transducers and the thermocouples were recorded on magnetic tape and processed by ah
electronic data-processing system.
Oil-flow studies were conducted to examine the surface-flow direction and relative
shear on the windward and leeward surfaces. A mixture of silicon oil and lampblack was
distributed in random dots of varying sizes on the entire model. Photographs were then
taken of the model after each run.
Limited vapor-screenjtests were conducted on the-circular-arc delta-wing to study—
the cross section of the leeward-surface flow. In these tests, the free-stream total tem-
perature was lowered to a value which allowed the air to condense (294 K («530° R)). A
high-intensity screen of light, which was reflected and refracted by the gas and liquid
molecules in the condensed air, was passed across the test section. Photographs were
taken of this light screen during the test run.
Test Conditions
The tests were conducted at a free-stream Mach number of 6 with a free-stream
total pressure and total temperature of 2.9 MN/m^ and 492 K, respectively. The free-
n
stream Reynolds number per meter was 2.33 x 10'. The angle of attack was varied
between 0° and 12° for the pressure tests and flow-visualization tests; the nominal angle
of attack was varied between 0° and 8° for the heat-transfer tests.
Data Reduction
The thermocouple data were reduced to Stanton numbers by using methods similar
to those described in reference 15 and by assuming an appropriate recovery factor (0.860
for laminar flow and 0.895 for turbulent boundary-layer conditions). The local Mach
numbers used in determining the recovery temperatures were obtained from the ratio of
the measured surface static pressure to free-stream total pressure. The pressure data
were normalized by the free-stream static pressure.
Accuracy
The true angles of attack for the pressure data that are compared with theory were
measured on a comparator from photographs of the model taken before and during each
test run and were accurate within ±0.1°. A known zero-angle-of-attack reference line
was marked on the tunnel floor. The angles of attack for the remainder of the pressure
data were calculated theoretically by using the method-of-lines technique, taking into
account the agreement between experiment and theory for the known angles of attack, and
were estimated to be accurate within ±0.2°. The quoted angles of attack for the heat-
transfer and flow-visualization studies are nominal angles and were not corrected for
wind loads on the models since the free-stream Stanton number is not sensitive to small
errors in angle of attack. (That is, an unrealistic 2° error in angle of attack at an angle
of attack of 5° results in only a 6-percent error in Stanton number.)
The pressure transducers used to measure the local static pressures and the free-
stream total pressures were accurate to within 0.25 percent of the full-scale range.
RESULTS AND DISCUSSION
Flow Field
Photographs obtained from the oil-flow studies conducted on the delta-wing models
are presented in figure 2. For nominal angles of attack between 0° and 10°, the windward-
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surface flow is nearly two dimensional with very little transverse outflow. A region of
nonuniform surface shear is distinguishable on the delta wings at a. = 0° and 5° inboard
of the leading-edge region. A comparison of the heat-transfer data (to be discussed later
in this report) with the surface oil-flow data indicates that this region corresponds to the
area where laminar flow ends and transitional flow begins.
On the leeward surfaces at nominal angles of attack of 5° and 10°, large regions of
low surface shear prevail except for a high shear region at a = 10° identified by a pro-
nounced featherlike oil smear (indicative of vortex flows) down the leeward meridian.
However, the leeward-surface flow is not believed to be separated since the oil-flow
photographs do not show the abrupt change in surface shear characteristic of separated
flows (ref. 16). Furthermore, vapor-screen photographs of the circular-arc delta wing
show that the viscous boundaries lie close to the leeward surface. Note that the viscous
layer on the leeward surface thickens on both sides of the meridian but thins in the high
shear region of the meridian. This thinning is caused by vortices embedded within the
viscous layer which transport mass away from the meridian (ref. 16).
Pressure Distributions
During the pressure tests the model-support system translated and deflected sub-
stantially more than anticipated as a result of large aerodynamic loads on the models.
Therefore, both models with limited pressure instrumentation were rerun with improved
angle-of-attack measurements to insure a high degree of accuracy for angle of attack
(within ±0.1°) and the results are presented in figures 3 and 4. Pressure distributions
with a lesser degree of accuracy in angle of attack (±0.2°) are shown in figures 5 and 6.
All of the windward-surf ace pressure data generated on the delta wings correlate for a
given angle of attack with the conical-flow parameter <p.
A comparison between the present experimental data and predictions obtained by
using the inviscid nonlinear method of lines (refs. 4 and 5) is shown in figures 3 and 4 for
the windward surfaces of the delta wings. The method of lines predicts reasonably well
both the magnitude and trend of the data shown with the better agreement occurring at the
larger angles of attack where viscous effects are relatively small.
Heat Transfer
Heat-transfer distributions presented in terms of the free-stream Stanton number
are shown in figures 7 and 8 for the circular-arc and the rhombic delta wings, respec-
tively. The heat-transfer data on the wings correlate with the normalized distance from
the model leading edge. Turbulent flow as indicated by the abrupt increase in Stanton
number exists over most of the model surface. As expected, on the windward surface,
transition is promoted with increasing angle of attack; on the leeward surface, transition
Figure J.- Comparison of wind-ward-surface pressures with method-of-lines
predictions for circular-arc delta wing. R,,,, = 2.33 x 10'.
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Figure k.- Comparison of windward-surface pressures with method-of-lines
predictions for rhombic delta wing. RM = 2.33 X 10'.
Figure 5.- Surface pressures on circular-arc delta wing.
Rm = 2.33 x 10?.
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Figure 6.- Surface pressures on rhombic delta wing.
««, = 2.33 x 107.
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Figure 7-- Heat transfer on circular-arc delta wing. = 2. 33 x 10.
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Figure 8.- Heat-transfer distribution on rhombic delta wing.
R*, = 2.33 x 10?. •_
is delayed with increasing angle of attack. The method of Spalding and Chi (ref. 13) was
applied to the data by assuming local conditions based on the nominal angle of attack and
the virtual origin to be at the position of peak heating; this method predicted the turbulent
levels of heating reasonably well. (See fig. 7(b).)
At a = 8° the heating behavior down the leeward meridian of the circular-arc
delta wing was characterized by two heat-transfer peaks. These localized heating peaks
have been observed on other geometries and have been attributed to the interaction of the
embedded vortices with the leeward-surface boundary layer and the inception of transi-
tional boundary-layer flow. (See refs. 16 and 17.) In references 16 and 17, the first peak
was indicated to result from the vortex thinning and the second peak from transition; the
heating downstream of the first peak could be correlated by using the free-stream Reynolds
number based on the distance from the first heating peak (vortex induced). However, none
of the present data correlate with this Reynolds number parameter, which suggests that
the first heating peak could be attributed to transition whereas the second peak is vortex
induced. This hypothesis is in contrast to that discussed in the previously indicated ref-
erences but the two hypotheses are not necessarily contradictory since vortices do not
have to be confined to laminar flows. Further confirmation of the present hypothesis
would be desirable.
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CONCLUSIONS
An experimental investigation of the flow field over two 60° swept delta wings
(circular-arc and rhombic cross-section delta wings) has been conducted at a Mach num-
ber of 6. The results of this study have indicated the following conclusions:
1. The windward-surf ace pressure distributions for both wings correlate with the
conical flow angle measured from the model center line in the horizontal plane. The
method of lines predicts both the magnitude and trend of the pressure data with the better
agreement occurring at the higher angles of attack where the viscous effects are rela-
tively small.
2. The heat-transfer distributions on the wings correlate with the normalized dis-
tance from the model leading edge. Turbulent flow exists over most of the model sur.-
face. The method of Spalding and Chi predicts the turbulent levels of heating reasonably
well on the windward surfaces.
3. Oil-flow studies indicate that the windward-surf ace flow is nearly two dimensional
for angles of attack between 0° and 10°. Vortices are present in the leeward-surf ace flow
which distort the viscous regions and induce localized high heating in the region of the
meridian.
Langley Research Center,
National Aeronautics and Space Administration,
Hampton, Va., October 31, 1972.
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TABLE I.- PRESSURE-ORIFICE LOCATIONS
(a) Circular-arc delta wing
Pressure
orifice
1
2
3
4
5
6
7
8
9
10
11
12
13
14
15
16
17
18
19
20
21
22
23
24
25
26
X,
cm
2.86
4.45
7.30
10.16
13.02
15.88
18.73
21.59
4.45
30.16
33.02
35.88
38.74
41.59
44.45
38.71
32.97
21.54
44.34
27.20
38.52
15.76
32.77
44.02
26.97
21.26
y,
cm
0
1.35
1.73
1.51
3.10
2.38
4.05
1.94
4.02
6.18
4.27
3.75
R,
cm
2.86
4.45
7.30
10.16
13.02
15.88
18.73
21.59
24.45
30.16
33.02
35.88
38.74
41.59
44.45
38.74
33.02
21.59
44.45
27.31
38.74
15.88
33.02
44.45
27.31
21.59
>deg
0
2.0
3.0
4.0
4.0
5.0
6.0
7.0
7.0
8.0
9.0
10.0
Pressure
orifice
27
28
29
30
31
32
33
34
35
36
37
38
39
40
41
42
43
44
45
46
47
48
49
50
51
52
x,
cm
38.15
32.41
43.48
26.60
9.86
37.58
15.33
42.73
36.84
31.22
41.77
25.49
35.91
14.61
30.24
40.61
24.75
19.41
34.82
29.42
39.34
34.20
39.06
31.89
20.75
24.22
y,
cm
6.73
6.30
9.24
6.14
2.46
9.37
4.11
12.25
11.97
10.75
15.20
9.78
14.51
6.20
12.90
18.08
11.54
9.46
16.98
14.99
20.70
18.18
21.21
8.55
5.95
12.61
R,
cm
38.74
33.02
44.45
27.31
10.16
38.74
15.88
44.45
38.74
33.02
44.45
27.31
38.74
15.88
33.02
44.45
27.31
21.59
38.74
33.02
44.45
38.74
44.45
33.02
21.59
27.31
0,deg
10.0
11.0
12.0
13.0
14.0
14.0
15.0
16.0
18.0
19.0
20.0
21.0
22.0
23.0
23.0
24.0
25.0
26.0
26.0
27.0
27.8
28.0
28.5
15.0
16.0
27.5
15
TABLE I.- PRESSURE-ORIFICE LOCATIONS - Concluded
(b) Rhombic delta wing
Pressure
orifice
1
2
3
4
5
6
7
- 8
9
10
11
12
13
14
15
16
17
18
19
20
21
22
23
24
x,
cm
2.87
4.44
7.31
13.03
15.88
15.76
15.33
14.61
21.59
21.54
21.26
20.75
20.02
19.41
27.31
27.20
26.97
. 26.60
26.11
25.49
24.75
24.22
30.18
32.97
y,
cm
0
.24
.24
.23
0
1.94
4.11
6.20
.24
1.51
1.59
5.95
8.09
9.46
0
.24
4.27
6.14
7.98
9.78
11.54
12.62
.24
1.73
R,
cm
2.87
4.45
7.32
13.03
15.88
21.59
27.31
30.18
33.02
0,deg
0
3.1
1.9
1.0
0
7.0
15.0
23.0
.6
4.0
10.0
16.0
22.0
26.0
0
5.0
8.0
13.0
17.0
21.0
25.0
27.5
.5
3.0
Pressure
orifice
25
26
27
28
29
30
31
32
33
34
35
36
37
38
39
40
41
42
43
44
45
46
47
48
x,
cm
32.77
32.41
31.89
31.22
30.40
29.42
35.89
38.74
38.52
38.15
37.58
36.84
35.91
34.82
34.20
44.45
44.34
44.02
43.48
42.73
41.77
40.61
39.34
39.06
y,
cm
4.02
6.30
8.55
10.75
12.90
14.99
.24
0
4.05
6.73
9.37
11.97
14.51
16.98
18.18
.23
3.10
6.18
9.24
12.25
15.20
18.08
20.70
21.21
R,
cm
33.02
35.89
38.74
44.45
>deg
7.0
11.0
15.0
19.0
23.0
27.0
.4
0
6.0
10.0
14.0
18.0
22.0
26.0
28.0
.3
4.0
8.0
12.0
16.0
20.0
24.0
27.8
28.5
16
TABLE II. - THERMOCOUPLE LOCATIONS
(a) Circular-arc delta wing
Thermocouple
1
2
3
4
5
6
7
8
9
10
11
12
13
14
15
16
17
18
19
20
21
22
23
24
x,
cm
5.72
10.67
11.22
11.43
11.14
15.78
16.56
17.02
17.13
17.15
16.56
21.20
21.97
22.51
22.80
22.86
22.51
25.90
27.33
28.22
28.47
28.57
28.58
30.55
y,
cm
0
4.10
2.18
0
-2.57
6.70
-4.44
2.09
.60
0
-4.44
8.56
6.30
3.97
1.60
0
-3.97
12.08
8.35
4.47
2.49
.50
0
15.57
R,
cm
5.72
11.43
17.15
22.86
28.58
34.29
4>,deg
0
21
11
0
-13
23
15
7
2
0
-15
22
16
10
4
0
-10
25
17
9
5
1
0
27
Thermocouple
25
26
27
28
29
30
31
32
33
34
35
36
37
38
39
40
41
42
43
44
45
46
47
48
x,
cm
32.42
33.66
34.03
34.24
34.29
35.96
37.09
38.05
38.82
39.40
39.79
39.98
40.01
39.79
40.37
41.77
42.96
43.95
44.72
45.28
45.61
45.72
45.71
45.61
y,
cm
11.16
6.54
4.18
1.80
0
17.54
14.99
12.36
9.68
6.95
4.18
1.40
0
-4.18
21.46
18.60
15.64
12.60
9.51
6.36
3.19
0
-.80
-3.19
R,
cm
34.29
1
40.01
45.72
/'deg
19
11
7
3
0
26
22
18
14
10
6
2
0
-6
28
24
20
16
12
8
4
0
-1
-4
17
TABLE II.- THERMOCOUPLE LOCATIONS - Concluded
(b) Rhombic delta wing
Thermocouple
1
2
3
4
5
6
7
8
9
10
11
12
13
14
15
16
17
18
19
x,
cm
11.14
11.22
10.67
16.56
17.02
16.56
15.78
22.51
22.80
22.51
21.97
21.20
28.47
28.22
27.33
25.90
34.24
34.03
33.66
y,
cm
-2.57
2.18
4.10
-4.44
2.09
4.44
6.70
-3.97
1.60
3.97
6.30
8.56
2.49
4.47
8.35
12.80
1.80
4.18
6.52
R,
cm
11.43
17.15
22.86
1
28.58
34.29
|
t
>deg
-13
11
21
-15
7
15
23
-10
4
10
16
22
5
9
17
25
3
7
11
Thermocouple
20
21
22
23
24
25
26
27
28
29
30
31
32
33
34
35
36
37
38
x,
cm
32.42
30.55
39.79
39.98
39.79
39.40
38.82
38.05
37.09
35.96
45.61
45.71
45.61
45.28
44.72
43.95
42.96
41.77
40.37
y,
cm
11.16
15.57
-4.18
1.40
4.18
6.95
9.68
12.36
14.99
17.54
-3.19
-.80
3.19
6.36
9.50
12.60
15.64
18.60
21.46
R,
cm
34.29
34.29
40.01
45.72
>deg
19
27 .
-6
2
6
10
14
18
22
26
-4
-1
4
8
12
16
20
24
28
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